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SUMMARY 

An investigation of some aspects of the sonic boom has been made 
with the aid of wind-tunnel measurements of the pressure distributions 
about bodies of various shapes. The tests were made in the Langley 
4- by h-foot supersonic pressure tunnel at a Mach number of 2.01 and 
at a Reynolds number per foot of 2.5 x 106. Measurements of the pressure 
field were made at orifices in the surface of a boundary-layer bypass 
plate. The models which represented both fuselage and wing types of 
thickness distributions were small enough to allow measurements as far 
away as 8 body lengths or 64 chords. The results are compared with 
estimates made using existing theory. 

To the first order, the boom-producing pressure rise across the bow 
shock is dependent on the longitudinal development of body area and not 
on local details. Nonaxisymmetrical shapes may be replaced by equiva- 
lent bodies of revolution to obtain satisfactory theoretical estimates 
of the far-field pressures. 

INTRODUCTION 

The llsonic boom," first recognized only as an interesting, though 
unexplained, physical phenomenon now poses some serious problems. With 
the development of new supersonic military airplanes and the possibility 
of supersonic transports, the previously isolated incidents may become 
more widespread and more severe. It is now generally understood that 
this annoying boom is the result of the passage over the ground of the 
shock formation associated with any body in supersonic flight. 

A method of computing the boom-producing shock front about bodies 
of revolution has been developed by G. B. Whitham (ref. 1). As an 
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example, he has applied the method to the particular case of a parabolic 
body of revolution. The resulting expression for the pressure rise 
across the shock in the far field has often been called "the Whithsm 
equation." 

In estimating the far-field pressures about complete airplane con- 
figurations, the equivalent-body concept has proven quite useful. An 
exact equivalent body will be considered to be a body of revolution that 
produces the exact same pressure distribution in the far field as pro- 
duced by a more complex nonaxisymmetrical shape. In a number of 
instances (refs. 2 and 3) the parabolic body treated by Whitham has 
been found to be a sufficiently close approximation to the exact equiv- 
alent body for complete airplanes to allow satisfactory estimates of 
the far-field pressures using the simple Whitham equation. 

Area-rule concepts hold the promise of providing a more accurate 
representation of the exact equivalent body. A nonaxisymmetric con-. 
figuration would have not one equivalent body, but would have a dif- 
ferent equivalent body for each radial plane. 

The effect of the lift (or weight) of the airplane on the far- 
field pressures has been considered by Busemann (ref. 4) and Walkden 
(ref. 5). There are no existing data for which the lift effects may 
be isolated from the thickness effects and be compared with the theory. 

It is the purpose of these tests to obtain pressure measurements 
about several bodies for comparison with theoretical predictions using 
area-rule concepts. If locally produced shocks and expansions possess 
directional characteristics, it might be possible to provide some degree 
of alleviation of the boom intensity through detailed design of airplane 
components; this was investigated. A further purpose of these tests is 
that of providing data in which the lift effects may be isolated from 
those of thickness so that in this case too the theory may be compared 
directly with experiment. 

The current tests were made in the Langley 4- by b-foot supersonic 
pressure tunnel. At a Mach number of 2.01, measurements of the pressure 
field were made at orifices in the surface of a boundary-layer bypass 
plate. The models which represented both fuselage and wing types of 
thickness distributions were small enough to allow measurements as far 
away as 8 body lengths or 64 chords. 
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SYMBOLS 

cylindrical coordinates of bodies of revolution or of equiva- 
lent bodies 

XP, @ cylindrical coordinates of field point (see fig. 1) 

2 length of equivalent bodies 

d maximum diameter of equivalent bodies 

t local wing thickness 

L characteristic dimension of model; length of bodies or root 
chord of wings 

a angle of attack 

M Mach number 

p = JG 

Pl local static pressure measured at the surface of the boundary- 
layer bypass plate 

P free-stream static pressure 

4P=P2-P 

4 ItlaX =Pz-P at bow shock 

MODELSANDAFPARATUS 

The tests were conducted at a Mach number of 2.01 and at a Reynolds 
number per foot of 2.5 x 106 in the Langley 4- by b-foot supersonic 
pressure tunnel. The models were sting mounted on a remotely controlled 
support system which provided both lateral and longitudinal motion as 
well as roll-angle variation. (See fig. 1.) Measurements of the pres- 
sure field were made at orifices in the surface of a stationary boundary- 
layer bypass plate (also shown in fig. 1). 
having ranges of $ and 1 lb/sq in. 

Calibrated Statham gages 
and an accuracy of 1 percent were 

used. 
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Sketches of the test models are shown in figure 2. Model A is an 
elliptical body of revolution intended to represent a fuselage type of 
thickness distribution. Model C is a low-aspect-ratio wing having a 
parabolic-arc section given by the accompanying equation. Model B has 
a special shape designed to produce a compression in one direction and 
an expansion in another. This model was used to investigate the pos- 
sibility of reducing the boom intensity by aerodynamic means. Each of 
these first three models had the same distribution of normal cross- 
sectional area. According to the transonic area rule each would have 
the same transonic drag rise. Model D is a parabolic body of revolu- 
tion having the same length and maximum cross-sectional area as each of 
the first three bodies. 

Models E and F (wedge-section wings of aspect ratio 2) were tested 
through an angle-of-attack range so that by subtraction the pressures 
due to lift could be obtained. The wing angle of attack was varied by 
bending the sting. Two models were used in order to cover a large range 
of separation distances R/L; model F was one-fourth the size of model E. 

An added configuration used in these tests was the airplane model 
(model G) shown in figure 3. This configuration was designed to be 
representative of future transport airplanes. 

Since supersonic-area-rule concepts will be used later in the 
report, figure 4 has been prepared to show M = 2.01 equivalent bodies 
for some of the models. 

RESULTS AND DISCUSSION 

Basic Data 

The measured flow-field data from these tests are shown in fig- 
ures 5 to 11. Static pressures at the surface of the boundary-layer 
by-pass plate have been plotted as a function of streamwise distance 
behind the Mach cone from the model nose or leading edge. On each page, 
data are shown for four separation distances of model and plate. If it 
can be assumed that the plate acts as a perfect reflection plane the 
measured pressures are exactly twice those that would exist in the 
absence of a plate. Since the plate is quite flat and smooth, the fat- 
tor of two is expected to hold. 

Since small variations in tunnel Mach number can cause relatively 
large shifts in the location of the shock front when referenced to the 
length of these small models, the longitudinal location of the pressure 
signature should not be used quantitatively. From static calibrations 
and checks of repeatability, the accuracy of the measured pressure 
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ratios 4/P is estimated to be +O.OOg. Because of the additional 
difficulty of establishing maximum values, the pressure rise at the 
bow shock is estimated to be accurate within f10 percent or *0.003 
whichever is greater. 

For models A to D (figs. 5 to 8) differences in the pressure traces 
are evident at the close-in positions. At 8 body lengths, however, 
remarkably similar curves are shown. In each case an abrupt pressure 
rise is followed by a linear decline to an equal value of negative pres- 
sure after which a recompression to nearly the free-stream-value occurs. 
(Pressure distributions of this type are often referred to as N-curves.) 
The so-called far field will be assumed to begin at the separation dis- 
tance where this condition is reached. 

Thickness-Induced Pressures 

The attenuation of pressures with distance can best be shown in the 
form of plots of the pressure rise at the bow shock against distance. 
Figure 12 contains such a plot for three orientations of model B, the 
"hatchet-shaped" body. Notice that for the lower curve, the surface of 
the model facing the plate is inclined so as to produce an expansion in 
the direction of the orifice. It was hoped that such a fuselage con- 
figuration would provide some alleviation of the shock intensity by pro- 
ducing an expansion to continue out into the field and cancel a compres- 
sion from some other source. However, even at the closest measuring 
point a positive value rather than a negative value of 4/p was 
recorded. Aside from that, the important point of this figure deals 
not with any one curve but with the trend to a common value of pressure 
and axial symmetry of flow at the larger distances. Data are also shown 
for model A which, it should be recalled, has the same longitudinal area 
distribution. The pressures measured for model A agree fairly well with 
those for model B, indicating that to the first order the pressure rise 
in the far field is dependent on the development of body area and not 
on local details. 

A plot similar to the previous one has been prepared for model C 
(fig. 13). Here the trend to axial symmetry is not as evident. In fact, 
it is reasonable to believe that axial symmetry may not be achieved at 
any distance for the wing-shaped body. From these data and those of the 
previous figure, it appears that, while they are dependent to a large 
degree on the normal area distribution, the far-field conditions are also 
sensitive to radial position for bodies that depart greatly from axial 
symmetry. This will be discussed more fully after the introduction of 
a theoretical method of treating the problem. 

A method of predicting the pressure rise at the bow shock emanating 
from bodies of revolution has been developed by G. B. Whitham in 
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reference 1. When applied in particular to a parabolic body of revolu- 
tion the equation becomes 

4yx = KlQ3v+ d/2 

(R/2)3'4 
(1) 

where Kl is a reflection constant, in this case assumed to be 2.0. 
Randall, in reference 6, showed that for a parabolic body of revolution 
the body-shape constant K2 should be 0.64 as used herein instead 
of 0.53 as originally given by Whitham. For a general body of revolu- 
tion the pressure can be approximated by letting the body-shape constant 
be a variable which depends to a large degree on the location of the 
maximum diameter. The equation as shown above may be used to approxi- 
mate the pressure rise in the far field for a wide range of body shapes 
(even complete airplanes) when d/2 is for the appropriate equivalent 
body of revolution. It has been shown in several instances that a rea- 
sonably accurate equivalent body is determined by the distribution of 
normal cross-sectional area (the supersonic-area-rule equivalent body 
for the limiting case of M = 1.0). 

In figure 14 the theory is compared with data measured for model A, 
(the transonic-equivalent body for models B and C) and with model D which 
is a parabolic body of revolution of the same fineness ratio, corre- 
sponding exactly to the mathematical model used in the theory. The 
theory is shown to closely approximate the variation of pressure rise 
with distance but to overestimate the measurement by about 25 percent. 
The close agreement between the measured data for the two bodies shows 
that the lack of agreement with theory is not due to the parabolic-body 
approximation. It must be remembered that the theory is based on 
slender-body approximations and that these fineness-ratio-5 bodies are 
not really slender. In addition it should be noted that the experimental 
accuracy in the pressure rise is not much better than 10 percent and that 
the reflection constant of 2.0 used in the theory is an upper limit. 
This may be at least partially the cause of those discrepancies shown., 

Since in the application of the Whitham equation (eq. (1)) the 
d/2 term represents an equivalent body of revolution some question 
remains as to how the body is obtained for shapes that depart greatly 
from axial symmetry. As was suggested before, the ideas incorporated 
in the supersonic area rule may find application here. For the wing- 
shaped body, model C (which as shown in fig. 15 did not have an axi- 
symmetrical flow field at 8 body lengths), the equivalent body was found 
in the following manner. For a given arbitrary point in space, visu- 
alize a plane containing that point and the axis of the body 
($4 = Constant). Now consider a Mach cone originating at the body nose 
and centered on the body axis. The plane and the cone intersected in 



7 

a straight line. A second plane, called the "cutting plane," is defined 
as a plane tangent to the Mach cone at this line. The equivalent body 
for this field location is defined by the frontal projection of the areas 
intercepted by the "cutting planer' as the Mach cone apex advances along 
the body axis. The far-field pressures may be approximated by using in 
the Whitham equation (eq. (1)) the fineness ratio of a parabolic body 
of revolution having the same length and maximum area. 

Far-field pressures determined in the previously described manner 
have been compared with experimental data in figure 15. The pressure 
rise across the shock at 8 body lengths has been plotted against radial 
position $. As before,' the theory overestimates the measurements but 
gives the trend reasonably well. From figure 4 showing the area dis- 
tribution at $8 = 0' and at $ = 90' it can be seen that a large change 
in equivalent body fineness ratio is responsible for a relatively small 
change in far-field pressures. The nondimensional distance R/L (used 
in fig. 15) is based on the length of the real body not the equivalent 
body. Thus, qualitatively and to some degree quantitatively it can be 
shown that at this Mach number the equivalent body depends on the radial 
position of the field point; this is probably true at all supersonic 
Mach numbers. Walkden, in reference 5, has developed a method of esti- 
mating the far-field pressures about wing-body combinations which incor- 
porates these considerations and in addition treats the wing-body 
interference. 

Lift-Induced Pressures 

When a wing is placed at an angle of attack with respect to the 
free stream, pressures greater than those due to thickness alone are 
created on the underside. On the upper surface, however, correspondingly 
lower pressures exist so that on the average the body produces no 
greater pressure rise across the shock than before. The important 
question is this: Will the increased pressure rise across the shock 
below the wing propagate out into the far field in the same manner as 
thickness-induced pressures or will an interaction of the flows below 
and above the wing produce a canceling effect? The wing-tip vortex 
produces a mechanism for such interaction. 

Two theoretical methods of estimating lift-induced pressures are 
those of Busemann (ref. 5) and of Walkden (ref. 4). In applying both 
methods it is necessary to compute separately the pressure due to thick- 
ness alone and the pressure due to the combined effects of thickness and 
lift. The increment due to lift is then found by subtraction. In fig- 
ure 16 incremental far-field pressures due to an angle of attack of 5O 
for models E and F have been plotted against separation distance 
expressed in chords. The theory (both methods) shows reasonable agree- 
ment with the experimental data. The reason for the discrepancy 
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between the experimental data for models E and F is not fully known. 
Model F was extremely small and it was difficult to determine the wedge 
angle and to set the angle of attack accurately. In addition, because 
of the small sting size, there was considerable vibration of this model 
during the tests which may have affected the results. 

The variation of far-field pressure with angle of attack can be 
seen in figure 17. For a separation distance of 16 chords, the pressure 
rise across the bow shock from models E and F has been plotted as a 
function of angle of attack. The theory of Walkden including both 
thickness and lift effects is shown as a solid line. The theory shows 
the trend very well. 

In figure 18 the ratio of the lift-induced pressures at a = 5' 
to the thickness-induced pressures is plotted against separation dis- 
tance. Close to the model, the lift and thickness effects,are nearly 
equal and the ratio is close to one. However in this region the lift- 
induced pressures attenuate more rapidly and the ratio decreases until 
a distance of about 16 chords is reached. Beyond that point the ratio 
remains constant at about 0.45. This is consistent with the theory 
(ref. 5) which gives the same far-field rate of attenuation for lift- 
induced pressures as for thickness-induced pressures. Thus it seems 
that there is only a limited region near the lifting body in which an 
interaction between the upper and lower portions of the flow takes place. 

It can be shown (see ref. 4) that for supersonic airplanes flying 
at high altitudes the lift-induced far-field pressures would theoreti- 
cally be equal to or larger than the thickness-induced pressures. Unfor- 
tunately, the data for the airplane model of these tests (fig. 11) showed 
that the far-field conditions had not been reached. Therefore, no anal- 
ysis was attempted. In this regard, mention should be made of the tests 
of reference 2 where pressures were measured below and to the side of a 
jet fighter flying at 35,000 feet at a Mach number of 1.05. In this 
case too, the pressure signatures did not show clearly the complete 
attainment of the far-field N-curve. Perhaps for some configurations 
the far-field conditions may exist only at extreme distances. It has 
been noted that lift effects may be neglected in correlatin measured 
ground pressures during full-scale tests with the theory. 8 See ref. 3.) 
Obviously, the lift effects are as yet not well understood. 

CONCLUDING REMARKS 

An analysis of wind-tunnel measurements of pressure fields about 
bodies of various shapes provides the following conclusions: 
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To the first order the pressure rise across the bow shock in the 
far field is dependent on the normal cross-sectional area distribution 
and not on local details. Nonaxisymmetrical shapes may be replaced by 
equivalent bodies of revolution in estimating far-field pressures. It 
has been shown qualitatively and to some degree quantitatively that at 
a Mach number of 2.01, the equivalent body depends on the radial posi- 
tion of the field point. This is probably true at all supersonic Mach 
numbers. Existing theoretical methods gave an adequate estimation of 
the magnitude of the thickness-induced far-field pressure rise across 
the bow shock and gave very well the rate of attenuation with distance. 
Near a wing, lift-induced pressures attenuate at a more rapid rate than 
thickness-induced pressures. However it appears that in the far field 
lift-induced pressures attenuate at the same rate as the thickness pres- 
sures. Theoretical estimates of the lift-induced pressures showed use- 
ful correlation with the measured data. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Field, Va., August 18, 1959. 
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Figure ll.- Concluded. 
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Figure 12.- Attenuation with distance of pressure rise at the bow shock for several orientations 
of mode1 B and a comparison with data for model A. 
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Figure 13.- Attenuation with distance of pressure rise at the bow shock for several orientations 
of model C and comparison with data for model A. % 
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Figure 14.- Comparison of theoretical and experimental attenuation of pressure rise at the bow 
shock for bodies of revolution. Models A and D. 
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Figure 15.- Comparison of theoretical and experimental variation of pressure rise with radial 

position. Model C; E = 8. 
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Figure 16.- Comparison of theoretical and experimental attenuation of lift-induced pressure rise 
at the bow shock for models E and F. $ = 0'. 
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Figure 17.- Comparison of theoretical and experimental variation of pressure rise tit the bow 

shock with angle of attack. Models E and F; F = 16; $8 = O". 
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